The aim of this work was the study of the durability of stiffened composite panels submitted to the post-buckling regime under compressive loads. The study was based on fatigue test using compression loads in specimens made with initial failures in the bonded area. To monitor the delamination process, the ultrasonography technique was used as a non-destructible test.
INTRODUCTION
In the design of an aircra project, one of the in uencing factors is the choice of the best material in relation to its performance combined with the weight relief to increase the aircra power. Because of this, the aircra industry has largely utilized advanced composites for the development of its aircra s by its high mechanical performance in strength, hardness, and low density, compared to metals.
e increasing use of polymers reinforced with carbon ber in the aeronautical industry is due mainly to the constant challenge of this industry in obtaining components that exhibit the highest values of mechanical strength and speci c hardness among the available materials. According to Rezende and Botelho 1 , the exchange of aluminum by structural polymer composites, for example, allows a weight reduction of 20% to 30%, plus a 25% reduction in the nal cost of pieces.
Librantz et al. 2 shows that composite or conjugate materials are combinations of two or more materials. Most of these materials consist of a reinforcing element dispersed in a matrix, resulting in a bonding resin, in order to obtain speci c characteristics and desired properties.
To manufacture the structures in a single piece is in many cases impractical. Usually it becomes necessary to divide the structure into smaller parts to be manufactured and then, to make the assembly of the structure. To accomplish this set, mechanical joints can be used, such as screws and rivets. Other possibility is the use of bonding technique, since it has several advantages over the mechanical joints. An outstanding advantage, for the aeronautical industry, is that the bonded joints have a better surface nish, in other words, they reduce the disturbance of the air ow, which results in less drag. Another relevant advantage of a bonded joint is that it has a fatigue life longer than a mechanical joint, which has stress-tightening holes 3 .
Ribeiro 3 presents in his work the bonded joints following advantages: better efficiency in the load transfer, better surface finishing (generating less drag), better sealing, better resistance to fatigue, and better aerodynamic efficiency. However, it has some drawbacks, such as the surface preparation for the joint adhesive is critical for its mechanical resistance, it is not removable, there are no efficient non-destructive tests to ensure the joint quality, and the capacity and resistance to high temperatures is limited. According to Astrom 4 and Yao et al. 5 , fatigue delamination is one of the most critical failure modes in carbon ber composite. It can gradually cause loss of mechanical resistance and hardness, and cause catastrophic failure of the component during its life.
Another important modeling issue is the fatigue life of the composite. In contrast to homogeneous materials, which fatigue failure generally occurs by initiating and propagating a single crack, the fatigue process in composite materials is very complex and involves various types of damage including ber/matrix debonding, matrix crack, delamination, and ber fracture (tension failure or compression in the form of ber microbuckling or kinking). e airplane fuselage is a typical example of design with this philosophy. Most studies of buckling and post buckling in composite structures are associated with the fuselage design.
e parts and components development from composite materials that are e cient in weight and cost in relation to metal parts implies the need of a thorough knowledge of these new structures behavior, when subjected to service loads. erefore, the purpose of this project is to study the behavior in the post-buckling regime in sti ened composite panels in order to characterize the buckling modes, to determine the loads and failure modes in aeronautical panels made of composite materials, and to determine its durability.
MATERIALS AND METHODS

Specimen Preparation
For the execution of the fatigue tests subject to compression load ( Fig. 1) , the laminated carbon ber was made in directions 0° and 45° one layer of carbon ber fabric pre-impregnated with epoxy resin (45°) and two layers of one-direction fabric impregnated with epoxy resin (0°). A Te on® insert, with a size of 50 mm, was purposely inserted in the interface between sti ener and panel in the central position of the panel.
To perform the tests there were two specimens (AM1 and AM2), one for the static test used to determine limits loads, and other for the characterization of the initial crack spread by means of fatigue tests. 
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For better loads distribution, the load blocks were xed with LOCTITE 406 cyanoacrylate adhesive with an L-shaped tool on both sides of the specimen ends. Figure 2 shows the layout of the blocks on the specimen faces.
Tests of Durability
Durability tests were conducted at a loading frequency of 1 Hz, maximum 20 kN compression load and minimum 10 kN at room temperature (25 °C), in a universal servo-hydraulics system for mechanical testing, MTS Landmark model with capacity Maximum load of 100 kN located in the ITA laboratory. Specimens were submitted to 60,000 load cycles and the tests were interrupted each 3,000 cycles to monitor the propagation of the delamination in the panel/sti ener interface via ultrasound inspection (C-Scan). A er each inspection, the specimens were loaded with an almost static form load up to the post-buckling regimen to check the e ects of fatigue-induced damage on the residual hardness of the panels.
Microscopy
At the end of 30,000 cycles, it was observed that it had started a crack in the sti ener. Ultrasound analysis cannot be used to follow this new crack in the sti ener due to geometric restriction of the ultrasound probe and panel.
To study this new crack formation, it was used a Stereoscopic Olympus SZ61. For better monitoring of the crack during microscopic analysis, a millimetric scale was placed with an initial point in the half of the reinforcing length, attached to the side of the sti ener (Fig. 3) . Figure 4a shows the load curves versus displacement for specimens tested in compression loads. When the panel is compressed, a gap is observed in the region where the initial crack was inserted (Fig. 4b) , at this time the propagation of the delamination between the sti ener and the panel begins. It is understood that the mode of failure is in mode I (opening) and at the end of the crack in mode II, where occurs the layers compression of the sti ener and the panel.
RESULTS AND DISCUSSION
Static Test Results
e specimen subjected to the compression load on the plane revealed that the local buckling of the panel occurs at load levels around 40% of the global buckling load. e load needed for local buckling was is equipment has a low frequency radio wave emitting device that transmits the waves for two other receiver devices xed in a marked ruler, forming a triangulation signal transmission system, making it possible to scan parts using C-Scan type image generation.
At the end of the specimen scan, an image post-processing was performed, de ning the size of the initial crack. For a more accurate monitoring of the total delamination dimensions between sti ener and the panel, ultrasound scans were performed every 3,000 cycles and a er the statical tests. 13 kN and for a global buckling until the breakup was 33 kN. Figure 4c shows the rupture in the AM1 sti ener a er the static compression test.
Fatigue Results
When the AM1 was tested statically, the material failure is clearly understood, but to determine the total extension of the delamination, an ultrasound analysis was performed a er the AM1 was tested (Fig. 5a) . Several ultrasound analyses were made for the followup on the AM2; all the results were used to determine the delamination by quantity of cycles. Figure 5b presents the final crack of the AM2 after 60,000 cycles. The durability results were satisfactory, indicating that the material presented low rate of delamination propagation (about 2 mm every 3,000 cycles) showing up fit for the application that was designed. Figure 6 shows the delamination of the material by the amount of cycles tested.
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Microscopy Results
To understand the delamination stagnation (regions highlighted in Fig. 6 ), as the increase of cycle loads, a microscopic analysis on failure was performed. In the rst plateau region no apparent failure was detected by microscopic or by ultrasound analyses. At the end of 30,000 cycles, it was observed that a crack had started in the sti ener. It is probably because, in the rst plateau (Fig. 6) , the crack growth occurred between the interface panel/sti ener and none of the techniques used were capable to detect this crack path migration. en, the plateaus showed in Fig. 6 , indicating changes in the crack path that dissipate the energy of the loading cycles during the delamination process. e appearance of this crack in the sti ener may have been caused by voids or failures formed during the manufacturing process of the sti ener, signi cantly diminishing its resistance, initiating a delamination process. Figure 7 shows the image of the delamination growth in the sti ener. It can be observed that the crack is 2 mm bigger a er the end of the fatigue tests (60,000 cycles). 
CONCLUSION
e stagnation of the delamination between the layers of the panel and the sti ener when obtaining 12,000 to 30,000 cycles and 36,000 to 60,000 cycles can be justi ed because the crack started in the specimen sti ener. e energy applied during the cyclical loads has been dissipated in this other crack initiated in the sti ener. e start of the sti ener's crack may be justi ed by the material's manufacturing process. It is probable that, during the specimen manufacturing, some voids may have been formed decreasing signi cantly the local resistance of the composite.
is failure process could have detached the sti ener from the panel and formed two separated rigid bodies. us, there was concentration of tension in the sti ener, weakening the sti ener and starting a crack in the unwanted place.
